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1. IhTTRODUCTION 

Q angle of attack, degrees 

One of the rcc~uirements for  valid. aerodynxinic testing at  transonic speeds i s  that the test  lteynolds 
number be suflicieiltly high so :is to permit zdquate duplicrition of shocl;-l)ound:.,~y-layer interaction 
a i d  separated flow effects. Intensive efiorts are currently underway in several aervdgnaniic research 
centers to develop mcthods of correct1.y simulating full-scale transonic flow effects within the Rcynolds 
nUlnber capability of current research facilities. 
simulation which can be applied on a rouliiie bnsj s conipatiblc with the usua l  aerodynni:iic test require- 
ments for  most configurations, although some notable succcss has been acllicvcd with special techuiiques 
in  specific instances (see, for example, ref. 1) .  If these cflorts do not result i n  t es t  procedures in 
which a high level of confidence can uniformly be placed, tlicn it  appears likely that testing ::l substan- 
tially higher Iteynolds nunibers will be necessary. The purpose of this i r i v ~ ~ ~ i ~ : i t i o n  was to dc;tcrnijnc 
if there is a rniri~iiiuni level of l<eynoltls nun.ib~~*, short of lull scale, a t  which reliable flow simulation 
can be a c l i i e ~ ~ d  in the alJSCl1Ce of special techiiiclucs. This iniornia!ion i s  of intcrcst in  cva1ii:iting 
currcnt research facility cap:i\jj.lil.ies .aid in  dcfinilig the size,  pressurization, and pov;er I-crluiremcnts 
for future test facilities. 

General i i i c t k ~ k  xre not ye t  known for correct flow 



5-1 

ImYNOLDS NUMBER REQUIREMENTS FOR VALID TESTING AT TRANSONIC SPEEDS 

I 

i 
i 

! 

* William B. Igoe and Donald D. Baals? 

Langley Research Center 
National Aeronautics and Space Administration 

Hampt on, Vir E; inia , U .'S .A. 

SUMMARY 

The variation of wing shock location with Reynolds number has been examined for configurations 
!,,r tchich both flight and wind-tunnel wing pressure distribution data were available. The purpose of 
!+),, study was to determine if there is a niinimum level of Reynolds number, short of full scale, at which 

~ ln l~ le  flow simulation can be achieved in transonic test  facilities. 

The shock locations as a function of Reynolds number at  conditions of constant Mach number and 
.! :,;le of attack were normalized so that shock position was obtained in relative te rms  from zero to 
:.;ilty for each configuration and condition studied. Normalizing the shock location permitted the com- 
r.~r1son of data for  differelit configurations and  conditions on a common basis. An implicit thought in 
t ! ~ c  approach used was that while no one set  of data may be considered definitive, i f  enough data were 
i:udied then some consistent pattern might emerge. 

Not enough data have been analyzed thus far  to obtain coiiclusive results. However , preliminary 
indications are that a substantial increase in Reynolds number capability may be required in future 
transonic test  facilities i f  test  procedures cannot be developed for adequate flow simulation within 
csis t ing facility capabilities . 
SOTATION 

C pressure coefficient 

c wing chord, meters  
1' 

K constant 

M Mach number 

x most forward location which shock appar- 
ently approaches asymptotically at low 
Reynolds numbers, meters 

A 

xB most rearward location which shock appar- 
ently approaches asymptotically at high 
Xeynolds numbers, meters  

I' exponent x, shock location, meters  

R Reynolds number based on wing chord 

x streamwise distance measured from 
wing leading edge, meters  

1. INTRODUCTION 
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'S - "A normalized shock location, x' s = - x B - x  
A x& 

(Y angle of attack, degrees 

One of the requirements for valid aerodynamic testing at transonic speeds is that the tes t  Reynolds 
number be sufficiently high so a s  to permit adequate duplication of shock-boundary-layer interaction 
and separated €low effects. Intensive efforts a re  currently underway in several aerodynamic research 
centers to develop methods of correctly simulating full-scale transonic flow effects within the Reynolds 
number capability of current research facilities. General methods are not yet known for correct  flow 
simulation which can be applied on a routine basis compatible with the usual aerodynamic tes t  require- 
ments for most configurations, although some notable success has  been achieved with special techniques 
in specific instances (see,  for example, ref. 1). If these efforts do not result in test  procedures in 
which a high level of confidence can uniformly be placed, then it appears likely that testing at substan- 
tially higher Reynolds numbers will be necessary. The purpose of this investigation was to determine 
if there is a minimum level of Reynolds number, short of full scale, at  which reliable flow simulation 
can be achieved in the absence of special techniques. This information is of interest in evaluating 
current research facility capabilities and in defining the size,  pressurization, and power requirements 
for  future test  facilities. 

A number of familiar aerodynamic problems associated with separated flows are known to be 
affected by testing at reduced or model scale Reynolds numbers with fully turbulent boundary layers at 
transonic speeds. The following affected problem a reas  may be considered typical: (a) forward location 
of shock on an airfoil  chord, (b) creeping drag rise and/or decrease in drag r i se  Mach number, (c) 
decrease in lift coefficient for pitching-moment linearity break (pitchup), (d) decrease in lift coefficient 
f o r  buffet onset. These adverse effects of testing at reduced Reynolds number occur or are accentuated 
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primarily because the boundary layer does not reniain erometrically scaled as Reynolds number is 
decreased from full scalc to model scale. This lack o f  scaling WAS pointed out by Loving in reference 2 
whcre a large discrepancy in shock location between wind-tunnel and flight-test results was attributed . ' to  a relatively thicker boundary layer at model scale Kcynolds nuniber . 

In attcinpting to determine the minimum level of Reynolds number for valid transonic testing, the 
variation of wing shock location with Reynolds number has been selrctcd for study. This selection was 
made because shock location was considered to be a iii;ijor contributing factor to the aerodynamic 
behavior observed in the other three problem areas noted above. In addition, the shock location data 
were considered to be the best defined and most reliably determined measurements available for study 
from existing data sources. 

2. METHOD OF ANALYSIS 

2.1 Assumptions 

The following assumptions have been used in the shock location study. (1) While no one set of 
data was considered definitive, it was assumed that if enough data were studied, then some consistent 
pattern might begin to emerge. (2) The shock localion was assumed to be a primary indicator of the 
sensitivity of the shock-boundary-layer interaction to Reynolds number. (3) A terminal shock position 
was assumed to exist in the liniit of increasingly large Reynolds number. (4) Mach number, angle of 
attack, and Reynolds number were assumed to be the primary variables affecting shock position. The 
effect on shock location of differences between wind-tunnel 'and flight-test conditions such as wind- 
tunnel wall constraint, model support interference, airstream turbulence, niodel dynamics, surface 
roughness, and propulsion simulation or  the  lack of it havc been ignored. 

2.2 Procedure 

The shock locations were determined from pressure distributions on the upper surface of wir~gs 
o r  airfoil sections. The shocks were assumed to be located in the positive pressure gradient imnie- 
diately behind the crests in the pressure distributions as shown in the upper sketch of figure 1. Shock 
locations were determined in th i s  way at fixed conditions of hlach number and angle of attack over as 
large a range of Reynolds number as possible using both flight and wind-tunnel data sources. The 
wind-tunnel data were for  the condition of boundary-layer transition artificially fixed near the leading 
edge. Natural transition is assumed to have occurred near the leading edge in the flight tests.  

The variation of shock location with Reynolds number tended to appear as shown in the lower 
sketch of figure 1. The asymptotic behavior of the shock location with increasing Reynolds number 
!xs approaches xB for R on the order of IO*) might be errpected since the incrtial forces increas- 
ingly predominate over viscous forces and the flow tends to approach the inviscid limit. The sketches 
in the addendum to reference 3 indicate a similar behavior of shock location a s  the Reynolds number 
grows very large. Theoretical inviscid flow solutions should be valid as  this limiting condition is 
approached. The asymptotic behavior of the shock location with decreasing Reynolds number (xs 
approaches XA for R on the order of lo6) is less predictable but is nevertheless well documented by 
the available data. It should be noted that the shock behavior sketched in figure 1 has only been observed 
in  the Reynolds number range from 106 to 108 for fully turbulent boundary layers.  

Fo r  each set of data, - that is,- shock locations as a function of Reynolds number at  a constant 
Mach number and angle of attack for a given configuration, - the shock locations were normalized so 
that the shock location from the most forward to the most rearward positions was obtained in relative 
t e rms  from zero to unity for any given set  of data. The normalized shock location was obtained from 
the following relation: 

x - x  S A  
A 

x' = s x g - x  

where xB and XA are the upper and lower asymptotes, respectively. 

to  be compared on a common basis.  It has the disadvantage that it requires ex?ensive Reynolds number 
coverage for any given set of data in  order to establish the upper and lower asymptotes. 

3. RESULTS 

Normalizing the shock location is advantageous in that it allows sets of data from different sources 

In the study thus far, wing shock location data from two configurations have been analyzed; 
a sweptwing transport airplane shown in figure 2 and a straight wing fighter airplane shown in 
figure 3 .  The wind-tunnel data for the straight wing fighter airfoil section were obtained from a two- 
dimensional model shown in figure 4 .  The wind-tunnel tes ts  on this niodel were conducted in the NASA 
Langley 8-foot transonic pressure tunnel by A. A.  Luoina. The data are as yet unpublished but are 
similar to  the data presented by Blackwell in reference 1. The corresponding airplane flight data were 
obtained from reference 4. 
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x' 

1 - xl, 
'rhe normalized shock locations were plotted in the form log versus log R as shown 

b 
::, fiKIlre 5. Most of the data a re  seen to fall within the shaded bald.  A linear variation of the data On 
[!,.,lrc 5 would imply a normalized shock location as a function of Reynolds number in the form 

RP 
=-- Rp + Kp 

n'1t11 the data replotted as x' 
1s Seen to change into the S-f%aped band shown on this figure. 

versus log R as shown in figure 6 ,  the straight shaded band of figure 5 

It should be pointed out that all of the experimental shock location data used in the present analysis 
are  subject to some aniount of uncertainty. iflien the shock locations arc normalized, these uncertain- 
t ies tend to becomc magnified and thus account for much of the scatter evident in the data of figure 6 .  
111 addition, some care must be exercised in combining data from wind-tunnel a i d  flight sources in order 
t o  insure that comparable conditions are obtained. The angle oi attack in flight and the differences in 
aeroelastic deflection between the wind-tunnel and flight-test vchicles a re  especially important factors 
in this regard and a re  sometimes difficult to determine accurately. An increase in the amount of data 
analyzed should increase the reliability of the trends which these data tend to exhibit. 

On the basis of the limited amount of data analyzed thus f a r ,  and with due allowance for scatter,  
a preliminary indication is that the Reynolds number range which would cause the shock to be located 
within 90 percent of its rearmost or  terniirial position is of the order of 20 to 50 million. Taken alone, 
the few flight data points tend to indicate a Reynolds number r'ange near 40 million for the same shock 
location criterion. However, no f i rm conclusions can be drawn at this time. 

4 .  CONCLUDING REIMAFUCS 

In the foregoing analysis, the location 01 a shock on the upper surface of an airfoil is taken a s  an 
index of the severity of the effects of shock-induced separation as influenced by Rcynolds number varia- 
tion. No attempt has been made here to differentiate between flows that are designated as model A and 
model B flows in reference 3 .  Pvlodel 13 f l o w  are described in reference 3 as those where trailing- 
edge separation plays a significant role in the shock-boundary-layer interaction and its attendant flow 
sep'aration. Model A flows are those where trailing-edge separation either is not present or  does not 
significantly affect shock-induced separation. 

The results obtained thus f a r  a r e  not conclusive but tend to  indicate that a substantial increase in 
Reynolds number capability may be required in future transonic test  facilities i f  alternative methods of 
correct  flow simulation cannot be successfully developed. r 
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Figure 2 .- Sweptwing transport wind-tunnel 
model configuration. 
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Figure 3.- Straight wing fighter airplane flight 
configuration. 
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